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Abstract

The development of fatigue damage in [0/901; SCS-6/Ti-15-3 laminates containing center
holes was investigated.  Stress levels required for crack initiation in the matrix were predicted
using an effective strain parameter and compared to experimental results. Damage progression was
monitored at various stages of fatigue loading. In general, a saturated state of damage consisting
of matrix cracks and fiber-matrix debonding was obtained which reduced the composite modulus.
Matrix cracks were bridged by the 0° fibers. The fatigue limit (stress causing catastrophic fracture
of the laminates) was also determined. The static and post-fatigue residual strengths were
accurately predicted using a three dimensional elastic-plastic finite element analysis. The matrix

damage that occurred during fatigue loading significantly reduced the notched strength.

Nomenclature
B = Composite longitudinal modulus
ro = Composite transverse modulus
Gt = Composite shear modulus
K, = Orthotropic stress concentration factor
o0 . . . .
K, = Orthotropic stress concentration factor for infinite sheet
R = Stress ratio
Spax = Maximum applied stress
Smin = Minimum applied stress
AS = Applicd stress range
o = Isotropic finite width correction factor
At e = Modified effective strain parameter
ro . .
Ag.gr = Run-out value of effective strain parameter
Cnax = Maximum applied strain
Ae = Applied strain range
vy = Composite Poisson’s ratio
r . . . .
o, = Axil thermal residual stress in matrix



Introduction

Titanium metal matrix composites (MMC) have potential applications in the aerospace
industry. The majority of these applications are for high strength, low weight structural
components subjected to elevated temperatures. However, before MMC can be confidently used
for such applications, the complex state of damage that develops in these materials must be
addressed. The initiation and progression of damage in several MMC have been investigated [1-
5]. It was found in these studies that damage in MMC consists primarily of fiber breakage, matrix
cracking, matrix plastic deformation, and fiber-matrix debonding. The sequence and combination
of these failure mechanisms depend on many variables including constituent properties, fabrication
processes, applied loadings, specimen geometries, and heat treatments. A state of damage
developed under certain circumstances may not cause catastrophic fracture of a component, but

may affect the residual strength and life of the component.

The development of fatigue damage in titanium MMC having stress concentrations has been
addressed in |2-5]. An analysis procedure for matrix crack initiation was introduced in [6] based
on an effective strain parameter [7].  Using this analysis, the number of cycles to matrix crack
initiation was accurately predicted in several lay-ups of SCS-6/Ti-15-3 containing center holes and
double edge notches [6]. Observations of the damage growth behavior in similar SCS-6/Ti-15-3
specimen configurations revealed multiple matrix cracks which were bridged by the 0° fibers [5].
Matrix cracks typically were uniformly spaced in the net section regions away from the stress
concentration [3]. In addition, fiber-matrix debonding in the 0° plies was observed near the center
hole of the specimens tested in |5].  Fiber-matrix debonding was also observed in 90° plies of
unnotched cross-ply laminates during static loading at low applied stress levels (approximately

22% of the static unnotched strength) [8].

The effects of fatigue damage on strength has been investigated in [9-11]. In certain
composites, damage developed during fatigue loading can be beneficial. The post-fatigue residual
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strength of certain notched composites is often higher than the virgin static notched strength [9-10].
Composites exhibiting such behavior contain matrix materials with yield or ultimate strengths that
arc low compared to the strength of the reinforcing fiber. Matrix damage at the notch tip such as
matrix plastic deformation, matrix splitting, and fiber-matrix debonding reduce the stress
concentrations resulting in higher post-fatigue residual strengths. However, in composites
containing higher strength matrix materials such as SCS-6/Ti-15-3, the titanium matrix carries a
larger portion of the load. Conscquently, matrix damage results in greater loads being transferred
to the fibers. The load transfer to the fibers is more significant than any decrease in the stress
concentration due to matrix damage. The post-fatigue residual strength is therefore lower than the
static notched strength. Johnson [11] reported a post-fatigue residual strength approximately 42%
less than the virgin static notched strength in [()/9()]2S SCS-6/Ti-15-3 specimens containing center
holes. In order to accurately predict residual strength and life, it is necessary to understand the

state of fatigue damage in the subject material.

The objective of this rescarch was to study damage initiation and progression during fatigue
loading in [0/90]; SCS-6/Ti-15-3 laminates containing center holes and to determine the effects of
fatigue damage on the static notched strength. Initially, specimens were subjected to the maximum
stress level at which no damage took place. An effective strain parameter which includes stress
concentrations and matrix residual stresses was used to predict this stress level and the number of
cycles to damage initiation. Next, specimens were loaded to a stress level at which extensive
matrix cracking took place without fiber breakage. Damage progression was monitored and
recorded. In addition, modulus loss due to fatigue damage was measured in the far-field region
betwecen the center hole and grips. Fatigue loading was terminated after matrix cracking reached a
saturated level. Finally, post-fatigue residual strength was measured to determine the effect of
fatigue damage. Static notched and post-fatigue residual strengths were predicted using a three

dimensional elastic-plastic finite element analysis.



Materials and Test Procedures

Materials and Specimens

The titanium MMC studied in this work is designated SCS-6/Ti-15-3. The matrix
specification Ti-15-3 is a shortened designation for the Ti-15V-3Cr-3A1-3Sn alloy. The composite
laminates were made by hot-pressing Ti-15-3 foils between unidirectional tapes of silicon-carbide

fibers held in place with molybdenum wires. The manufacturer's designation for these fibers is
SCS-6. The SCS-6 fibers have a diameter of 0.14 mm. The lay-up studied was [0/90]; with a

fiber volume fraction ve of 0.355. All laminates tested were in the as-received condition.

All specimens were cut using a diamond wheel saw into straight-sided coupons with the 0°
fibers in the loading direction. Each specimen was 19.05-mm wide and 152.4-mm long containing
a 6.35-mm diameter center hole drilled ultrasonically. The 4-ply laminate was (.89 mm thick. The
surface of cach specimen was polished to obtain a flat and lustrous finish. Brass end tabs were

bonded on all specimens using a cyanoacrylate adhesive.

Test Procedures

Static and fatigue tests were conducted using a closed-loop servo-hydraulic test machine.
The static tests were conducted under load control at a rate of 22.24 N/s. One unnotched specimen
and one center hole specimen were tested statically in order to measure the elastic longitudinal

modulus as well as the notched and unnotched strengths.

In the fatigue tests, cyclic tensile stress was applied under load control having an R-ratio
Smin/Smax ) ©f 0.1 and a frequency of 10 Hz. The loading history of each specimen subjected to
fatigue loading is shown in Table 1. Damage initiation and progression under fatigue loading were
monitored and recorded using a closed-circuit television system (CCTV) having magnification
capabilities of X325, an optical microscope, and replicas (surface and edge). The occurrence of

matrix cracking and fiber-matrix debonding was determined. Modulus loss due to fatigue damage
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was measured in the far-field region above the center hole and below the upper grip using a 25.4
mm gage length extensometer.  In one specimen, the outer layer of matrix material was removed

through an acid etching procedure to reveal fiber breaks. The post-fatigue residual strength was

measured under static loading.

Analytical Procedures

Hillberry and Johnson |6] predicted the onset of matrix cracking in several SCS-6/Ti-15-3
composite lay-ups containing center holes and double edge notches based on a modified effective
strain parameter. In their study, the effective strain parameter developed by Smith, Watson and
Topper | 7] was modified for a composite material to include the effects of stress concentrations and

thermal residual stresses as shown below [6]:

r
o
m Ag
Aegpp= (K€ nax + E;) Kig (1)

r . ) .
o ,E v and Ae are the orthotropic stress concentration factor, the maximum

where Kt’ £ m En

max’
applied strain, the axial matrix thermal residual stress, the matrix modulus, and the applied strain
range, respectively. Equation (1) does not account for circular hole size effects, the multiaxial state
of strain in the matrix near a stress concentration, or damage on the composite microstructural scale

(e.g., matrix cracks initiating from debonded fiber-matrix interfaces).

e . . . . . r .
I'he matrix thermal residual stress in the fiber direction, o, resulting from the cooldown

during the fabrication process was calculated to be 213 MPa using a concentric cylinder

micromechanics model |12]. The constitutive properties [8] shown in Table 2 and a thermal

LT L . . .
cooldown of 555°C were used to determine o). Assuming lincar elastic behavior, the maximum



strain and the strain range are related to the maximum far-field stress, S, as follows:

S.... As (I-R)S .
max max
€ .. = 17— and A€ =g = (2)
max LL EL LL
. . - Smin . . .
where Ej is the laminate longitudinal modulus and R = S is the stress ratio. Laminate
max

properties were calculated from the constituent properties using the AGLPLY program [13] which

uses the vanishing-fiber-diameter material model [13]. The constituent properties and the

calculated laminate propertics are shown in Table 2. The orthotropic stress concentration factor K,
was calculated as described in the Appendix. For the center hole |()/9()]S, specimens used here, Kt

= 3.72. From Equations (1) and (2), the maximum stress for a given Aeeff can be written as:

r T 2 2
GmEL 1 GmEL 8 AEeffEL
Smax = - ) + €)
max ZKIEm 2 KtEm (1-R) Kt

The effective strain parameter as a function of cycles to failure for the Ti-15-3 matrix
material was determined in [6] and is shown in Figure 1. The solid line is a curve fit to the
experimental data.  For a notched composite with thermal residual stresses, the number of cycles
to matrix crack initiation can be predicted by comparing the modified effective strain parameter
(Equation (1)) with the solid line in Figurc 1. To predict the maximum stress level at which no

. . . S . o . .
matrix cracking will occur, the run-out value of the cffective strain parameter Ag ¢ is required;

Aez?f was assumed to be (0.002.

Post -Fatigue Strength Predictions

The post-fatigue residual strength was predicted using a three dimensional finite element

program, PAFAC |14]. The (° fiber axial stress next to the hole was predicted for the undamaged
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virgin and the post-fatigue damaged conditions as a function of applied load. The composite
strength was assumed to be the applied load at which the axial stress in the (° fiber next to the hole

reached the fiber strength.

The PAFAC analysis is based on constituent properties and uses the vanishing-fiber-
diameter model [ 13] to account for the elastic-plastic behavior of the matrix and elastic behavior of
the fiber. The nonlinear stress-strain response of the Ti-15-3 matrix was modeled using a multi-
linear curve [8]. PAFAC uses eight-noded hexahedral elements; each element represents a
unidirectional composite material whose fibers are arbitrarily oriented in the structural coordinate

system. Using this material model, the analysis calculates the fiber and the laminate stresses.

Figure 2 shows a plan view of the finitc clement mesh used to model the center hole
specimens. Due to symmetry in geometry and loading, only one eighth of the specimen was
modeled. The finite element mesh contained 540 elements and 950 nodes. Each ply of the [0/90]
laminate was modeled with one layer of elements. The smallest elements located next to the hole
were sized to represent one fiber spacing. This fiber spacing was calculated using the fiber volume

fraction (v = 0.355), the fiber diameter (df = ().14 mm), and the ply thickness (t = 0.223 mm).

Forces were applied to the nodes at the end of the mesh so that the end displaced uniformly.

Through-the-thickness matrix cracking was modeled in the PAFAC analysis by using a
reduced matrix modulus in the material propertics. The AGLPLY [13] program was used to
calculate the reduction in matrix modulus that corresponded to the measured reduction in composite
longitudinal modulus. In the analysis, the reduced matrix modulus was used for the post-fatigue
condition and the the original constituent propertics were used for the virgin condition. Previous
studies on unnotched cross-ply SCS-6/Ti-15-3 laminates reveal that fiber-matrix debonding in the
90° plies occurs at relatively low load levels (approximately 22% of the static unnotched strength)
{8]. To model this phenomena in the virgin condition, the material properties of the 90° plies were

7



modified to represent an isotropic material having a modulus equivalent to the transverse modulus
of a unidirectional lamina with complete fiber-matrix debonding as described in detail in [15]. This

approximation is valid since plastic deformation was very limited.

Results and Discussion
Both the notched and unnotched static strengths were measured, Table 2. The static
notched strength was approximately 48% of the unnotched strength. Similarly, the static notched

strength was approximately 53% of the unnotched strength in [0/90],¢ laminates containing center

holes [ 15].

Results indicate that fatigue damage initiated as fiber-matrix debonding in the 90° plies and
as matrix cracks growing from the debonded surfaces. In addition, matrix cracking took place in

the 0° plies. The 0° fibers were intact in the wake of these matrix cracks.

Matrix Crack Initiation

Table 3 lists the predicted and observed number of cycles to matrix crack initiation for
several specimens. The effective strain parameter was calculated using Equation (1) and this value
was then used in Figure 1 to predict the number of cycles to matrix crack initiation. The solid line |
in this figure is a curve fit to the experimental data of the matrix material. Experimentally, matrix
crack initiation was assumed when the crack length reached (.5 mm. As shown in Table 3, the
predictions and observations are in good agreement, particularly at the highest applied stress. The
largest discrepancy occurred in attempting to predict the stress level below which no matrix

cracking initiated.

The predicted maximum applied stress at which no matrix cracks occurred was Smax = 93

MPa using Aez?f = ().002 and Equation (3) (specimen number 1, Table 1). However at this



stress level, matrix cracks initiated between 250,000 and 300,000 cycles. Another specimen was

cycled at an applied stress level of S = 80 MPa (specimen number 2, Table 1). At this stress

max
level, no damage had initiated after 300,000 cycles. Thus, the maximum applied stress at which

no matrix cracking takes place is assumed to be between S = 80MPaand S .. = 93 MPa

(15% and 18% of the static notched strength, respectively).

Matrix Crack Progression
Development of Matrix Cracks Near Center Hole

Figure 3 shows schematics taken directly from the CCTV monitor of matrix crack

development during the fatigue loading of a specimen at S ., . =200 MPa (specimen number 1,
Table 1). During this test, matrix cracking initiated at S . = 93 MPa from the edge of the center
hole, Figure 3(a) (cracks 1 and 2). These matrix cracks may have initiated from the first intact 0°
fiber as was observed in |3] for |()/‘)()|2S SCS-6/Ti-15-3 specimens containing center holes. As
these matrix cracks continued to grow, secondary cracks formed in regions aWay from the edge of
the center hole, Figure 3(b) (cracks 4 and 7). In addition, matrix cracks (cracks 3, 5 and 6)
developed in regions above and below the original matrix crucks (cracks 1 and 2). Matrix cracks
continued to propagate and link-up until cracking reached a saturated state, Figure 3(c). Saturation
was assumed when no additional matrix cracks initiated and when existing cracks no longer grew.
As shown in the figure, the matrix cracks have a uniform spacing a short distance (approximately 1
mm) away from the center hole. The spacing of these matrix cracks is approximately 0.9 mm

which agrees with the predicted spacing of 0.85 mm for [0/90],, SCS-6/Ti-15-3 laminates

containing center holes [3]. Similar cracking patterns (multiple matrix cracks) were observed in [5]

for {0901 SCS-6/Ti-15-3 laminates containing center holes.

The total crack length as a function of the number of cycles is shown in Figure 4 for three
specimens subjected to different maximum stress levels. For each specimen, the length of all
matrix cracks within the same area near the center hole was summed. As shown in the figure, the
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total crack length approached a maximum value, which corresponded to matrix crack saturation,
for each stress level. The number of cycles at which the matrix cracking reached a saturated state
decreased as the applied stress increased. In addition, the total crack length was greater for higher

stress levels. For S_.. . = 200 MPa and 250 MPa, the total matrix crack length approaches

constant values of 43 mm and 48 mm, respectively. For Smax = 150 MPa, the matrix crack

length appears to be still increasing at 250,000 cycles, indicating saturation was not reached.

Development of Matrix Cracks in Far-Field Region

Matrix cracks in the far-field region appeared to have a uniform crack pattern as shown

schematically in Figure 5(a) for a specimen subjected to S = 265 MPa for 1,000,000 cycles.

max
The region of uniform matrix cracks starts approximately 10.5 mm above and below the centerline
of the hole. The figure also shows a photograph (Figure 5(b)) of the specimen edge in the region
of uniform crack spacing. As shown, the uniform matrix cracks are through-the-thickness cracks
and appear to have originated at the debonded 90° fiber-matrix interfaces. These through-the-
thickness cracks were also observed on interior planes across the width of the specimen (not
shown). It was shown in |8] that debonding of the 9)° fiber-matrix interface occurs at a relatively
low stress level (approximately 22% of the unnotched strength for [0/90],  laminates). This
debonded interface served as the initiation site for matrix cracking. These matrix cracks progressed
to the 0° fibers, where debonding of the 0° fiber-matrix interface may have taken place, and
eventually grew around to the outer surface. IFrom Figure 5(b), the spacing of the uniform,

through-the-thickness cracks is approximately 1 mm. The initiation of matrix cracks at the
debonded 90° fiber-matrix interfaces was also observed in [0/90],, SCS-6/Ti-15-3 laminates [3].

Reduction in Modulus
The composite loading modulus in the longitudinal direction for a specimen subjected to
Smax = 250 MPa for 200,000 cycles was measured in the far-field region above the center hole

and below the upper grip using a 25.4-mm gage length extensometer during fatigue loading.
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Figure 6 shows the normalized composite longitudinal modulus measured during initial portion of
the loading cycle as a function of the number of cycles. The modulus was normalized with respect
to the initial modulus, E; = 168.43 GPa. Also shown in this figure are edge replicas taken in the
gage section of the extensometer illustrating the damage that took place through the specimen
thickness at several fatigue cycle numbers. The modulus was reduced progressively with
increasing loading cycles as a result of fatigue damage. After the first cycle, a reduction in the
modulus of 10% was measured due to the initiation of failure of the 90° ply fiber-matrix interfaces.
Fiber-matrix separation is seen in the edge replica taken after the first cycle as the dark line in the
interface region. A 15% reduction in modulus was measured after 1000 cycles due to further
debonding in the 90° ply fiber-matrix interfaces. During the next 24,000 cycles, no other damage
was observed and the modulus decreased slightly. A greater rate of decrease in the modulus was
noted after 24,000 cycles. This corresponds to the initiation of matrix cracks from the debonded
90 ply fiber-matrix interfaces as shown in the replica taken after 40,000 cycles. These matrix
cracks apparently progress to the outer surface as shown in the replica taken after 120,000 cycles.
The modulus continued to reduce slightly and approached an asymptotic value corresponding to
matrix crack saturation which occurred at approximately 120,000 cycles. A reduction of 38% in

the composite modulus was measured after 200,000 cycles.

Fatigue Limit

The maximum stress level at which a specimen can be fatigued without causing catastrophic
fracture (i.e. the fatigue limit) was determined experimentally. The 0° fibers must fail prior to
catastrophic fracture. An incremental load approach was used for two specimens (specimens
number | and 2) as shown in Table 1. The applied stress level was increased after fatigue damage

reached a saturated state. This incrementally increasing load history was applied until the specimen

fractured. In specimen numbers 1 and 2, fracture occurred at S, = 308 MPa after 1710 cycles,

and at S = 265 MPa after 56,169 cycles, respectively. As shown in Table 1, another

max

specimen (specimen number 3) was fatigued for 1,000,000 cycles at a stress level of Smax = 265
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MPa. Figure 7 shows two photographs of this specimen after fatigue cycling. Figure 7(a) shows
a surface replica indicating the extensive matrix cracking that took place. Figure 7(b) shows the
same region with the outer layer of matrix material removed by an acid etching technique. In this

photograph, only the first fiber next to the hole is fractured (possibly damaged during drilling of

the center hole). The stress level was lowered to S ... = 250 MPa for another specimen

X
(specimen number 4) and that specimen was fatigued for 200,000 cycles without fiber failure.
Based on these results, it was assumed that fiber failure will not occur at a stress level below Smax

=265 MPa. This stress level is approximately 50% of the static notched strength (525 MPa).

Post -Fatigue Residual Strength

The post-fatigue residual strength was determined from a specimen that had been subjected
oS, ,.x = 250 MPa for 200,000 cycles during which matrix cracking reached a saturated level,
(specimen number 4, Table 1). The specimen was loaded quasi-statically in tension to failure and a

residual strength of 325 MPa was measured. This value is a 38% reduction in strength compared

to that in the virgin specimen (525 MPa). Johnson [11] reported a 42% reduction in strength due

to fatigue damage in a [()/9()|2S laminate containing a center hole (vf = ().325).

A three dimensional finite element analysis (PAFAC) was used to determine the effects of
matrix cracking on the ()° fiber stress concentration and to predict the residual strength of both the
virgin and post-fatigued specimens. The 0° axial fiber stress in the element next to the center hole
was calculated for the virgin and post-fatigue conditions. For the virgin condition, the constituent
properties shown in Table 2 were used. In addition, fiber-matrix debonding in the 90° plies was
modeled as described in [15]. For the post-fatigue condition, matrix cracking was accounted for
using a reduced matrix modulus. As described earlier, extensive matrix cracking was observed as
shown schematically in Figure 8(a). From this figure, a small region located directly above and
below the center hole developed no matrix cracks. To account for this matrix crack pattern, the
properties of the elements in the 0° and 90° plies were modified as shown in Figure 8(b). In
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regions where no matrix cracking occurred, clements retained their original properties (shaded area
in Figure 8(b)). In regions of matrix cracking, the matrix modulus was reduced by 69%. The
69% reduction in matrix modulus was determined using AGLPLY |13] and corresponds to the

measured 38% reduction in the composite longitudinal modulus, Figure 6.

Figure 9 shows the axial stress in the (° fiber next to the center hole as a function of the
applied stress. The horizontal line indicates the assumed fiber strength of 44()) MPa, and the two

vertical lines show the experimental strengths of the two conditions. The fiber strength was

calculated from the measured strain to failure of an l()/9()|S unnotched specimen (t-:lfllt = 0.0011)

multiplied by the fiber modulus (400 GPa). As shown in Figurc 9, the applied stress at which the
(° fiber stress equals the fiber strength corresponds closely to the measured strength for both
conditions. Using the axial stress in the 0° fiber next to the center hole as the criterion for laminate
failure, the predicted strengths for the virgin and post-fatigue conditions were 483 MPa and 301

MPq, respectively. Both predictions are within 8% of the experimental values.

The decrease in residual strength due to matrix cracking is significant. The fact that these
matrix cracks initiated and grew under cyclic stress levels that were approximately 18% of the static
notched strength is disturbing. However, several thousand fatigue cycles were usually required to
initiate and propagate these matrix cracks. It is anticipated that future hypersonic vehicles,
particularly the first generation, will have a substantially shorter design life compared to
conventional commercial and supersonic military aircraft. Therefore, the usefulness of this
material system must be judged in terms of the life requirements for which it may be used, and not
in terms of a design life based on millions of cycles. This material system may be sufficient for a
first generation research vehicle, however, the development of better fatigue resistant materials of

this type are required for an operational vehicle with longer life.



Conclusions

In this study, damage initiation and progression were investigated in [0/90] SCS-6/Ti-15-
3 laminates containing center holes. The effects of fatigue damage on the post-fatigue residual
strength was determined. An effective strain parameter was used to predict the stress levels and the
number of cycles to matrix crack initiation and compared to experiments. Fatigue damage
progression was monitored and recorded using optical techniques and replicas (surface and edge).
In general, fatigue damage consisted of fiber-matrix debonding in the 90° plies and matrix cracking
from debonded surfaces. In addition, matrix cracks were observed on the surface which were
bridged by the 0° fibers. As these matrix cracks progressed around the 0° fibers, fiber-matrix
debonding was assumed. The stress level for matrix crack initiation and the fatigue stress limit
(stress causing specimen fracturc) were approximately 15% and 50% of the static noiched strength,
respectively. The damage developed during fatigue loading significantly reduced the composite
longitudinal modulus and the static notched strength. Both the modulus and strength were reduced
by 38% duc to the fatigue damage. A three dimensional elastic-plastic finite element analysis was
used to accurately predict the static and post-fatigue residual strengths based on the axial stress in

the (° fiber next to the hole. Both predictions were within 8% of the experimental values.
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Appendix

An orthotropic stress concentration factor K~ for a finite width specimen can be

determined from the following expression [16]:

K, = oK, (Al)

t t

m - - - 3
where o and Kl are the finite width correction factor and the stress concentration factor for an

infinite orthotropic continuum, respectively.  The stress concentration factor for an infinite

orthotropic continuum containing a circular hole is [ 17]:

(A2)

where Ey , Ep, v and Gy - are the longitudinal modulus, transverse modulus, Poisson's ratio,

and shear modulus, respectively, of the laminate as given in Table 2. The finite width correction
factor for an isotropic material containing a circular hole is [ 18]:
d/wi’

_ 2+ 1-d/W
*= 13U - dw)l (A3)

where d/W is the hole diameter to specimen width ratio. It was reported in [19] that for d/W <

0.33, the isotropic finite width correction factor was within 5% of the orthotropic value for a range

of orthotropic material propertics which includes the SCS-6/Ti-15-3 [()/90]S laminate (vf = 0.355).

Thus, the isotropic finite width correction factor was used in this study. For the specimens tested

in this study, Kt =3.72.
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Table 1. Loading History

Specimen Applied Stress Number of Damage
Number Smax (MPa) Cycles State
1 93 250,000-300,000 Initiation
200 200,000 Progression
265 56,169 ¥ Progression
2 80 300,000 No initiation
150 300,000 Initiation and progression
265 300,000 Progression
308 17104 Progression
3 265 1,000,000 Initiation and progression
4 250 200,000 Initiation and progression

& catastrophic fracture occurred



Table 2.

Matrix &

Fiber:

Constituent and laminate material propertics of [0/90]; SCS-6/Ti-15-3, v¢ =0.355

Modulus,
Poisson's Ratio,

Thermal Coefficient of Expansion,

Modulus & ,

Poisson's Ratio ¢,

Thermal Coefficient of Expansion &

Strength b,

Composite :

Longitudinal Modulus ¢,
Transverse Modulus © |
Poisson's Ratio © ,
Shear Modulus ©,
Unnotched Strength d,

Notched Strength d,

values taken from | §]

19

92.39 GPa
0.351

9.72 x 10" mm/mmeC

400.00 GPa

0.25

4.86 x 10" mm/mmpeC
4400 MPa

168.43 GPa
168.43 GPa
0.252
47.44 GPa

1084 MPa

525 MPa

strain to failure in unnotched coupon multiplied by fiber modulus
values predicted in this study using AGLPLY {13]
values measured in this study for one specimen



Table 3.  Observed and predicted cycles to matrix crack initiation in [0/90]¢ SCS-6/Ti-15-3
laminates containing center hole, vp = ().355.

Applied Stress ~ Observed cycles to initiation Predicted cycles to initiation
Smax (MPa) (x1000) (x1000)

80 3004 Run-out

93 250 - 300 ® Run-out

150 50 65

250 10 15

265 10 12

a
b

test terminated
initiation occurred between 250,000 and 300,000 cycles.
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Figure 1. Modified effective strain parameter as a function of the number of cycles to failure for as-received Ti-15-3
matrix material [6].
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Figure 2. Specimen configuration and finite element representation for the [0/90]S SCS-6-Ti-15-3 center hole,
vp = 0.355; (a) center hole specimen; (b) plan view of finite element mesh.
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Figure 3. Development of matrix cracking in a [0/90]¢ SCS-6/Ti-15-3 laminate containing a center hole, v¢ = 0.355;

(a) initiation of cracks; (b) development of secondary cracks; (c) saturation of matrix cracks. Schematics are
not to scale.
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Figure 4. Effect of stress level on the total crack length in [O/9O]S SCS-6/Ti-15-3 specimens containing a center hole,
vy = 0.355. For each stress level, the total crack length approaches a constant value corresponding to matrix
crack saturation.
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Figure 5. Matrix crack pattern in [0/90]; SCS-6/Ti-15-3 laminate after 1,000,000 cycles at S, = 265 MPa,
ve = 0355 (@) location of uniform matrix crack pattern; (b) photograph of specimen edge in region of

uniform crack pattern showing through-the-thickness matrix cracks and the crack spacing.
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Figure 8. Specimen configuration and finite element representation for the [0/90]; SCS-6/T i-15-3 fatigue damaged
center hole specimen, v¢ = 0.355; (a) damaged specimen showing matrix crack pattern; (b) finite element
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